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ward surface pressure contours are a necessary condition for
vortex stability but not a sufficient one, whereas the flow fea-
tures from Fig. 3 can provide both the necessary and sufficient
conditions for vortex stability and breakdown.

By contrast, for a. = 30 deg, the solution did not converge
even in 1000 computation cycles and cannot therefore be
directly compared with the others. However, an examination
of the results developed at the 1000th cycle is a useful exercise.
For example, Fig. 4 shows the vortex interaction become to-
tally disorganized on the leeward surface, and a significant
drop of the span wise upper surface pressure is noted in Fig. 5.
These figures imply that the vortex breakdown effect becomes
dominant over the entire wing. The flowfield unsteadiness was
noted in that the crossflow patterns at each computation stage
continued to change throughout the solution process; that is, a
nonstationary flowfield was observed.

To validate the numerical simulation of vortex breakdown
phenomenon by the TEAM code, the experimental results of a
60-deg, sharp-edge, uncambered delta wing by Wentz and
Kohlman7 were qualitatively compared. Their data showed
the initiation of vortex breakdown to occur at the trailing edge
by a = 15 deg; the maximum lift by a = 30 deg; and breakdown
point moved into apex region by a = 32 deg, consequently
causing a decrease in lift. By comparison, for this cambered
60-deg delta wing, the TEAM code yields converged results
even with a large region of reversed flow over the wing as ot in-
creases from 23 to 28 deg. Although the corresponding peak
suction value at the examined crossflow planes are shown to
be more positive, nevertheless, due to a larger vortex inter-
action with the leeward surface (see Fig. 5), the total lift con-
tinues to increase. In Ref. 5, the computed lift characteristics
in this a range compare reasonably well with the experimental
data for the F-106B configuration. As the region of reversed
flow moves into the apex region by a. - 30 deg, the solution
does not converge.

Summary
The three-dimensional vortex breakdown phenomenon over

a F-106B configuration has been studied by examining a vari-
ety of on- and off-surface flow features from the TEAM code.
Although the flow separation of this code is triggered by the
numerical dissipation, and the computed flowfield may not
represent the real vortex breakdown phenomenon adequately,
nonetheless, the general trend of vortex breakdown effect on
computed lift characteristics is similar to the wind tunnel
results. Of the flowfield features examined, the crossflow con-
tours of axial velocity and total pressure can provide both the
necessary and sufficient conditions for vortex stability and
breakdown.
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Nomenclature
Aik, Bik = normal components of velocities induced at

Cik9 Dik theyth collocation point by the kth surface
source, bound vorticity, line source, and
horseshoe vortex respectively

& = aspect ratio
CL = total lift coefficient
C/ = sectional lift coefficient
CMLE = pitching-moment coefficient about wing

leading edge
CP = pressure coefficient
c = chord, m
D - fuselage diameter (Fig. 2), m
h\> h2, g = metrics of the nonorthogonal curvilinear

coordinate system used in three-dimensional
boundary-layer calculation

LQ = fuselage length, m .
NT = total number of singularities
h - outward unit normal vector
q = function of metrics, (tf2 = /*i2/Z2 -g2)
RN - Reynolds number
5 = semispan, m
ue = resultant velocity at the edge of boundary

layer
V = total velocity vector
Vik = generalized induced velocity at the j th control

point due to the A:th generalized singularity
Fa, = freestream velocity vector
Wivi — transpiration velocity
a. = angle of attack
T = strength of horseshoe vortex
7 = vorticity strength
AI, A2 = displacement thicknesses in the nonorthogonal

curvilinear coordinate system
61, 62 = streamwise and cross-flow displacement

thicknesses
= wing setting angle
= generalized singularity
= source strength
= leading-edge sweep back
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Subscripts
t
w

tail quantity
wing quantiy
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Introduction

A PROPER understanding and accurate calculation of the
flowfield around complete aircraft is essential to provide

aerodynamic data for the designer. Such data are generally
obtained by finding inviscid solutions, although the viscous
effect may be significant in many cases. In the viscous-inviscid
interaction technique described by Lock and Williams,1 mu-
tual influence of the viscous and inviscid regions has been
successfully applied to a number of practical flow problems by
coupling the separate treatments of the two regions in such a
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Fig. 1 a) Discretization of the configuration geometry used for the
potential flow calculation, b) formation of a singularity carrying mean
camber surface, and c) discretization of the singularity distribution
used for the present potential flow calculation.

way that their solutions match at some notional interface.
Using this technique, an economical "viscous" panel method
has been developed in this paper for the three-dimensional
viscous flow over aircraft configurations.

In the present method, the inviscid flow is calculated by a
panel method using the internal singularity distribution ap-
proach of Singh et al.2 Such a flow model is likely to give an
adequately accurate solution with a smaller number of panels
because the distributed singularities placed inside the lifting
surfaces induce smoother velocity variations on the wetted
surfaces. The number of influence coefficients to be calculated
in an internal singularity distribution method is considerably
lower than that required for a surface singularity method.
Since a major part of the numerical procedure is the calcula-
tion of influence coefficients, the total computing time and
storage required for the solution of a given configuration is
reduced considerably. The three-dimensonal boundary layers
are calculated using an integral method, based on an entrain-
ment principle, from Smith.3 These calculation methods are
coupled in an iterative scheme using a surface transpiration
model to simulate the boundary-layer displacement effects.
The predicted results are compared with experimental val-
ues.4'6 The agreement appears to be most encouraging.

Present Numerical Approach
The external inviscid potential flow is calculated by a first-

order panel method using an internal singularity distribution
approach.2 The method utilizes a distribution of source and
vorticity singularities on the respective mean camber surfaces
of wing and wing-like components. The fuselage carries only a
source distribution on its wetted surface. The nonzero-bound
vorticity strength at the wing-body junction has been carried
over into the fuselage up to the midplane to model the interfer-
ence effects at the junction to some extent. The same treatment
is incorporated for the tail-plane-fuselage junction or tail-
plane-fin junction. The unknown singularity strengths are
solved by satisfying the boundary condition of prescribed nor-
mal velocity at the collocation points. The Kutta condition for
this method simply states that the bound vorticity strength at
the trailing edges of the lifting components are zero.

Discretization of the geometry and of the singularity carry-
ing surfaces are shown in Fig. 1. This discretizaiton leads to a
set of linear algebraic equations for the unknown singularity
distribution which can be written as

(7-l)(M-l)

k=\
M-l

(/-D(M-l)

• E
A:=l

i = 1, 2,

M-l
Cik(oLl

k= 1

(1)

Once the solution is obtained, total velocity at the /th control
point can be found from the equation

NTy. - y^ viknk + Fa, (2)

Calculation of pressure coefficients at the collocation points
and overall forces is then straightforward.

The three-dimensional, turbulent boundary-layer develop-
ment is calculated using the integral method from Smith.3 The
governing partial differential equations are solved using an
explicit finite difference technique. The forward step size is
controlled by the requirement that the downstream point lies
within the domain of influence of the upstream point and its
immediate neighbors. The axes system introduced is such that
x and y axes form a nonorthogonal curvilinear mesh on the
body surface, the z axis being normal to the body surface.
Bicubic spline interpolation is used to calculate the metrics of
the surface coordinate system and their derivatives from the
known Cartesian coordinates of the surface.
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The transpiration velocity (lViw) is obtained by integrating
the continuity equation and is given by

(3)ft* = - I -^(Ue&iq/hd + TJ; («eA2tf//*2)

Under relaxation in coupling the inviscid and boundary-layer
calculation is used to achieve quick convergence. In all of the
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Fig. 2 Different test case models used for the present study; model
1—low rectangular wing-fuselage combination, model 2—swept wing-
fuselage combination, model 3—wing-fuselage-tail-plane-fin combi-
nation.

—-- Potential flow solution
— Present solution

Fig. 3 Comparison of results for model 1; a) Pressure distribution on
the wing at an angle of attack 2.9 deg at 17.2% semi span, b) pressure
distribution on the wing at an angle of attack 2.9 deg at 92.5% semi-
span, c) lift distribution at 2.9-deg incidence, and d) variation of lift
with angle of attack.

cases studied, a factor of one-third is found to be quite suit-
able. Final convergence is assessed by the change in sectional
lift coefficients of the configuration in subsequent iterations.
Computer codes in Fortran-77 are developed and run on a
Horizon-Ill minicomputer. The source programs are available
with the authors.

Discussion of Results
To illustrate the applicability of the present calculation

method in wing-body or wing-body-tail-plane-fin interference
studies, comparisons of measured and calculated pressure dis-
tributions are presented for the three case (models 1-3) shown
in Fig. 2. In all of the cases, the wing has an aspect ratio of 6
and the airfoil section is 9%-thick RAE 101. The tail has an
aspect ratio of 3 and a 12.6%-thick RAE 101 section. Compar-
ison of variation of lift and pitching moment coefficients with
angle of attack is also presented wherever experimental results
are available.

Predicted numerical solutions for the low wing and fuselage
combination are compared with the experimental values of
Ref. 4 in Fig. 3. It is of interest to note that the present method
is capable of obtaining all the finer details in both pressure and
lift distribution. The variation of total lift with angle of attack
is also shown in the figure. The overall agreement is most
encouraging. Figure 4 presents comparison of predicted results
with experimental values5 for model 2. The correspondence
shows a trend similar to the preceding case.

Results for a simple aircraft configuration consisting of
wing, fuselage, tail plane, and fin are shown in Fig. 5. Exper-
imental values are obtained from Ref. 6. Here also the calcu-
lated pressure and lift distributions predict all of the finer
details observed in the trend of the experimental values. The
variation of total lift and pitching moment about wing leading
edge with angle of attack is also presented in the figure. The
overall agreement of the predicted results with experimental
data indicates that the present method is capable of giving
satisfactory, accurate results for many engineering purposes.

-1.8
- - - - Potential flow solution
— Present solution

® Experimental data (Ref. 5 )
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Fig. 4 Comparison of results for model 2; a) Pressure distribution on
the wing at an angle of attack 5.8 deg at 28.0% semispan, b) pressure
distribution on the wing at an angle of attack 5.8 deg at 92.5% semi-
span, and c) lift distribution at 5.8-deg incidence.
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Fig. 5 Comparison of results for model 3; a) Pressure distribution on the wing at an angle of attack 5.95 deg at 17.2% semispan, b) pressure
distribution on the wing at an angle of attack 5.95 deg at 92.5% semispan, c) wing-body lift distribution at 5.95-deg incidence, d) pressure
distribution on the tail at 5.95-deg incidence at 10.0% tail semispan, e) pressure distribution on the tail at 5.95-deg incidence at 95.0% tail semispan,
f) tail lift distribution at an angle of attack 5.95 deg, g) variation of lift with angle of attack h) variation of pitching moment about wing leading
edge with angle of attack.

In order to reduce the number of plots in a figure for clarity,
potential flow pressure distributions are not shown in the fig-
ures. However, the inviscid lift distribution curves are shown
for all of the cases as representative solutions. It is observed
that the potential flow solutions predict the trend fairly accu-
rately, but the viscous effects are quite significant.

Conclusion
An economic viscous panel method capable of calculating

the attached flow past aircraft configuration has been devel-
oped using an internal singularity distribution for the lifting
components. The method gives satisfactory results with a
number of panels significantly lower than a surface singular-
ity method (the potential flow solution for the wing-fuselage-
tail-plane-fin case is obtained with a total of 452 panels). Mod-
eling of the interference effects in the junctions is quite
rudimentary. However, the results obtained by the present
method seem to be reasonably accurate for many engineering
purposes.
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